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RESEARCH MEMORANDUM

RELATIONSETP OF FLOW OVER A L45° SWEPTBACK WING WITH
AND WITHOUT IEADING-EDGE CHORD-EXTENSIONS TO
LONGTTUDINAL STABILITY CHARACTERISTICS

AT MACH NUMBERS FROM 0.60 TO 1.03

By F. E. West, Jr., and James H. Henderson
SUMMARY

Chordwise pressure distributions, tuft and ink-flow patterns,
shadowgraph surveys, and force dats heve been obtalned for a sweptback
wing-fuselage combilnation with and without leading-edge chord-extensions.
The data were cbtained in the Iangley 16-foot transonic tunnel at Mach
numbers from 0.60 to 1.05. The wing had 45° sweep, aspect ratio of 4,
taper ratio of 0.6, and NACA 65A006 eirfoil sectiocns.

An analysis of the results 1s presented to provide a study of the
effect of leading-edge chord-extensiong on the flow phenomens existing
over the wing and of the relationship of these flow phenomena to the
longitudinal stability characteristles of the wing. The study indicates
that for Mach numbers up to 0.80 an upper-surface leading-edge separation
vortex is primarily responsible for undesirable longitudinal stabllity
characteristices. At higher Mach numbers, flow separation induced by
shocks causes undesirable longitudinal stability characteristics. These
undesirable charsacteristics are usually improved by adding chord-extensions
to the wing primarily because vortices from the inboard ends of the chord-
extensions act as barriers to the ocutboard movement of boundary-layer
disturbances.

INTRODUCTION

Results of investigations of sweptback wings designed for transonic
speeds have indicated undesirable longitudinal stability charscteristics
at both low (ref. 1) and transonic (ref. 2) speeds. Geénerally these
wings have thin airfoil sectlions and small lesding-edge radil end their
longitudinael stability characteristics are Improved by the addition to
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the wings of chordwise fences or various leading-edge devices such as
chord-extensions, flaps, or slats (refs. 3 to 8).

The flow phenomens responsible for these undesirable characteristics
and the effect of chordwise fences and leading-edge devices on these flow
phenomens. have been discussed for low speeds (refs. 9 to 11). A rather
detailed study of the flow phenomens existing over a sweptback wing at
high subsonic and transonic speeds has been presented in reference 12.

The primary purposes of this paper are to present a study of the
effect of leading-edge chord-extensions on the flow phenomena existing
over a 6-percent-thick, 45° sweptback wing at high subsonic and tran-
sonic speeds and of the relstionship of these flow phenomena to the
longitudinal stability characteristics of the wing. The study is based
on chordwise pressure distributions, tuft and ink-flow studies which
indicate the flow in the boundary layer, shedowgraph surveys, and force
data.

SYMBOILS
M free-stream Mach number
R Reynolds number based on ¢
q free-stream dynamic pressure
P local stetic pressure
Po free-stream static pressure
P pressure coefficlent, P %o
Por critical pressure coefficient
S wing area (basic wing)
b wing span
by spenwise location of inboard end of chord-extension
c local basic-wing chord
¢ basic-wing mean aerodynamic chord

CONEIRE—
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e angle of attack of fuselage center line relative to test
section center line
o] angle of leading-edge chord-extension chord line relstive to
local basic-wing chord line (positive value indicates droop)
cr 11ft coefficlent, Iigt
Q
~ Pitching moment
Chn pitching-moment coefficient about 0.25c, S
qSt
Subscripts:
B basic model
E model with leading-edge chord-extension

APPARATUS AND METHODS

Tunnel.- The Iangley 16-foot transonic tunnel which is a single-
return, octagonal, slotted-throat wind tunmel is desecribed in reference 13%.

Model. - The geometric details of the basic-model configurations and
of the various leading-edge chord-extensions are shown in figure 1. This
model was also used for the investigations reported in references 6, 1k,
and 15.

The wings and fuselage were constructed of steel and magnesium,
respectively. Airfoll section ordinates may be found in reference 16.
The wing was designed to have no incidence, dihedrsal, or twist and was
mounted in a midwing position on the fuselsage.

The chord-extensions at zero droop angle had the same section ordi-~
nates back to theilr point of maximum thickness as the corresponding span-
wise wing airfoil sections. When the droop angle was not zero the ordi-
nates were slightly modified to maintein a smooth fairing in the vicinity
of the Intersection between the extension chord line and the wing chord
line. Between the meximum thickness points of the leading-edge chord-
extensions and the wing, the airfoll contour was parallel to the wing
chord line. The chord-extensions were fabricated of steel back to the
1% -percent basic-wing chord line (the chord line sbout which the exten-
slons were drooped.), and plastic was used to continue the falring to
about the 4O-percent basic-wing chord line (maximum thickness of the

wing).
]
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Usuelly the model was tested with the quarter chord of the wing
mean aerodynamic chord located at the same longitudinal position as the
maximum fuselage dismeter. This configuration known as the "wing-normal
configuration" 1s shown mounted in the test section in figure 2. However,
tests were also mede of a wing-aft configuration which was accomplished
by shifting the fuselage forward so that the quarter chord of the mean
aerodynamic chord was located 1.197c¢c to the rear of the maximum fuselage
dtrameter. The sting sleeve which was used for the basic wing-aft con-
figuration (see fig. 1) was not used for the wing-aft configuration with
the leading-edge chord-extensions.

Support system.~- The model support system was arranged so that the
model was located near the center of the tunnel at all angles of attack
and has been described in reference 1k.

Instrumentation. - Pressure measurements were obtained over seven
spanwise stetions of the left wing (see fig. 1). The pressure-orifice
distribution at each station which was identical on the upper and lower
surfaces 1is given in figure 1 for the basic wing. When chord-extensions
were added to the wing, pressure orifices were not availeble forward of
15 percent of the basic-wing chord on the four outboard spanwise stations.
The pressures were transmitted by means of small tubing through the model
support system to mercury manometer bdards.

For the purpose of obtaining tuft and ink-flow surveys, cameras and
a mercury-vapor light source were mounted in a position which enabled
plan-view photographs to be teken of the wing. The wing was painted
white to provide good contrast for tuft and ink-flow plctures. Tufts
were made of black nylon and glued to the wing. In order to obtain ink-
flow pictures, a mixture of Prussian blue and versol was emitted from
orifices located along the 5-percent chord line of the basic wing at
spanwise stations of 30, 47, 64, and 75 percent of the wing semispan for
the chord-extension configurations and at seven spanwise stations for the
basic-wing configuration. The use of the high intensity localized light
source also made it possible to employ the shadowgraph technique to show
shocks on some of the tuft and ink-flow plectures. Slde-view shadowgraph
pictures were obtained with another camera and light source located so
that the tunnel-wall flet opposite the left wing served as a shadowgraph
screen.

Test conditions.- Data for the chord-extension configuretions were
obtained during the investigetion reported in reference 6. For the
basic-model configurations, force and pressure data were obtained during
the investigation reported in references 14 and 15, respectively, and
tuf't end ink-flow surveys were obtained in a separate Investigation. Data
were generally obtained at Mach numbers from 0.60 to 1.03 and the tests
were usually run by keeping Mech number constant and varying angle of
attack. During Ink-flow surveys, fresh Ink was emitted continuously as
the angle of attack was increased at a steady rate.

L T
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Figure 3 shows the variastion of Reynolds number with Mach number
for the baslc-model and chord-extension configurations. The range of
the Reynolds number at each Mach number is due to changes in tunnel
stagnation temperature.

The pressure data and tuft, ink-flow, and shadowgraph pictures for
the chord-extension configurations were not all obtained simulteneously
for a given configuration. Pressure data and side-view shadowgraph
pictures were obteined for one chord-extension configuration (O. 15e,’

= 0.65b/2, 8y = 0°, wing-normal configuration); tuft pictures were

obtained for another chord-extension configuration (0.20c, by = O. 70b/2

g = 2. 20 s wing-normal configuration); and ink-flow pictures were obtained
for another chord-extension configuration (0.20ec, = 0.70b/2, &g = 0.4°,

wing-aft configuration)-.
RESULTS AND DISCUSSION

Some of the results from previcusly published pepers are included
in the present paper to ald the discussion. The force data for the
chord -extension configurations were obtained fraom reference 6. TFor the
basic-model configuration, force data were presented in reference ik,
and most of the chordwise pressure-distribution data were taken from
reference 15. For high 1ift coefficients basic model pitching-moment
data were obtained from reference 2. The model used for the investi-
gatlion reported in reference 2 was geometrically similer but one-third
the size of the basic model used in the Iangley 16-foot transonic-tunnel
tests.

The data presented in this peper have not been corrected for
boundary-interference effects since the results of reference 17 Indicate
that these effects would be small. Hence, the presented results are
essentially the same &s would be obtained i1f the model configurations
were Investigated In free alr. Although the data showling the effect of
chord-extensions have been obtained for several different configurations,
the changes in configuration are not usuelly sufficilently large to affect
& qualitative analysis of the data. Therefore, the effect of varying
chord-extension conflguration will be discussed only when 1t is considered
of significance.

As Indicated in reference 12, the flow phenomena existing over swept-
back wings is8 not the same at all Mach numbers. For sweptback wing-
fuselage configurations similar to those discussed in reference 12 and
this paper, the general flow phenomena occurring at low speeds (ref. 9)
seem to exist up to Mach numbers of sbout 0.80, and at higher Mach num-
bers shocks seem to have a predominant effect on the flow. However, at
the intermediate Mach numbers (from about 0.85 to 0.94) the shock patterns
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on the wing are more complicated and inducive to flow separation over
larger areas of the wing than they are at the higher Mach numbers (from
about 0.98 to 1.03). The pitching-moment curves presented in figures k
and 5 reflect these changes in the flow phenomens. For Iinstance, the
abruptness and magnitude of the changes in the basic model pitching-
moment curves are more severe at the intermediste Mach numbers than at
the lower and higher Mach numbers. The effects of these different flow
phenomens are also apparent in the chordwise pressure distributions shown
in figure 6 for the wing-normal configuration with and without chord-
extensions for Mach numbers from 0.60 to 1.05. For convenience the flow
rhenomensa. for each Mach number range will usually be discussed separately.

Mach Numbers up to 0.80

For the wing-fuselage configuration discussed in this paper and
similar configurations it appears that for Mach numbers up to 0.80 unde-
sirable longitudinal stability characteristics exist primarily because
of the detrimental effects of a leading-edge separation vortex on the
upper-surface flow.

Flow phenomena on sweptback wings and thelr effect on pitching-~
moment characteristics.- The mechanics of the leading-edge separation
vortex on a sweptback wing have been studied st low speeds and reported
in references 9 and 18. TIn reference 1l a detailed discussion is pre-
sented of the effect of the low-speed phenomena on pitching-moment char-
acteristics and of how this effect 1s elleviated by adding fences or
various leading-edge devices to the wing. References 19 and 12 indicate
that & leading-edge separation vortex existed on the upper surface along
the wing span at moderate angles of attack for Mach numbers of 0.60
and 0.80, respectively.

For the present investigation, the chordwise pressure distributions
at Mach numbers of 0.60 and 0.80 (figs. 6{(a) and 6(b)) indicate the
presence of a leading-edge seperation vortex on the basic wing at angles
of attack of €° (Cp =~ 0.4) and 8% (Cp, =~ 0.55) by showing a reduction of

the upper-surface pregsure peaks and e broadening in the vicinity of the
leading edge of the upper-surface low-pressure region with outboard pro-
gression. These changes 1in the pressure distributions Initially occur
at higher angles of attack and are less pronounced than shown in refer-
ence 9, probably because the wing discussed In reference 9 had a sharp
leading edge while the wing used in the present investigation had =
leading edge with & small radius. Tuft pictures shown for the basic
model at Mach numbers of 0.60 (figs. 7 and 8) and 0.80 (fig. 8) also
indicate the presence of the leading-edge separation vortex by showing
outflow along the leading-edge region at an angle of attack of 8%, The
effect of the vortex at angles of attack of 6° and 8° ceuses increases
in the 1ift over the outbosrd wing sections (see fig. 6) which result in

TN
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greater basic model stability for Mach pumbers of 0.60 and 0.80 at 1ift
coefficients of O.4 or slightly higher (see figs. 4 and 5). At an angle
of attack of 12° (Cy =~ 0.Tk), regions of nearly constant pressure indi-

cate pronounced flow separation on the outboasrd sectlons and there is a
broadening of the upper-surfece leading-edge pressure region over the
inboard sections (fig. 6). In figure 7, the near normal direction of
the tufts with respect to the free-streem direction alsc indicate flow
separation on the outboard sections at en asngle of attack of 12°. These
flow changes indicate that the vortex core has turned chordwise &t some
outbosrd statlon and the result is a decrease of 1ift over the outboard
sections and an increase of 1ift over the inboard sectlons. The changes
are reflected in the basic-model pitching-moment curves of figures k4
and 5 which show a decrease in stability at 1ift coefficients of 0.6 or
higher.

With further incresse 1n angle of attack fiow separation gradually
progressed inboard from the tip sections (fig. 6). The increases in
stebility at high 1ift coefficients (figs. 4 and 5) occur after flow
separation extends over most of the wing surface. The tuft pattern in
figure 7 for the basic model at an angle of attack of 23.5° (CL = 0.93)

shows that at the high 1ift coefficients there is an inboard flow along
the leading-edge region and outboard flow along the trailling-edge region.
This circulatory motion 1s associated with the pressure gradient that
extends from the wing root to the wing tip (such a&s that shown in fig-
ure 6(a) at an angle of attack of 20°). A similsr circulatory motion
occurred at all other Mach nmumbers for high angle-of-attack conditions.
The boundary-layer flow at high 11ft coefficients is complicated and
cannot be sultably analyzed with availeble tuft pictures. However, the
pictures do indicate that the flow patterns on this wing at the high
1lift coefficients for a Mech number of 0.60 are probably similar to those
described in reference 18 for a low-speed case.

The reason that at moderate angles of attack the leading-edge sepa-
ration vortex increased in chordwlse extent s 1t moved ocutboard on the
wing may be associated with the two-dimensionsl-flow characteristics of
the wing airfoll section. Reference 20 shows that at low speeds the
chordwise extent of a separatlion bubble formed near the lesding edge on
the upper surface of two-dimensional airfeoils increased with increasing
angle of attack for en airfoil that had a thickness ratioc of 6 percent
and for an airfoll that hed a sharp leading edge. Since for a sweptback
wing the effective section angle of attack increases with progression
outboard until the tip sections are approached, the chordwise extent of
the separation vortex would be expected to increase with outboard move-
ment for the sharp-nosed wing discussed 1n reference 9 and for the thin
wing of the present investigation. Reference 20 also shows that for
gairfoils hsving thickness ratios of 9 percent amd 12 percent the chord-
wise extent of the smeparation bubble decressed with Increasing angle of

COmEESen
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attack. Hence, in contrast to the results of reference 9, reference 18
shows that the chordwise extent of the separation vortex decreased with
outboard movement for a sweptback wing having airfoil sections of 10 per-
cent thickness ratios. Other factors also affect the chordwise extent

of the vortex as 1t moves spanwise. For instance, dead air which drains
from inboard wing sections and graduslly accumilstes inside the vortex

as 1t moves outboard may affect the chordwise extent of the vortex.

Effect of chord-extensions on flow phenomens and pitching-moment
characteristicsg. - Studies at low speeds (ref. 1l1l) indicate that for a
lifting condition, the plan-form discontinuity at the inboard end of a
chord-extension gives rise to a vortex (see ref. 1l1) which develops in
essentially the downstreem direction. This vortex turns the leading-
edge separation vortex in the downstream direction, and the direction
of rotation of the two vortices are opposite., Hence, the leading-edge
separation vortex does not extend to the outboard wing sections in the
vicinity of the leading edge. The chord-extensions may also have an
effect on the leading-edge separation vortex because of a staggering of
the chordwise pressure distributions at their inboard ends and because
the breaks in the wing surface at their inboard ends act as physical
barriers to flow movement in the outboard direction.

At Mach numbers of 0.60 and 0,80 the action of leading-edge chord-
extensions appears to be simlilar to that described above for the low-
speed condition. The pressure distributions of figures 6(a) and 6(b)
show that chord-extensions do not cause mich change in the pressure-
distribution patterns inboerd of the chord-extensions. However, the
trends of the Incamplete pressure distributions for the chord-extension
configuration indicate that the leading-edge separation vortex found on
the basic wing no longer exists over the forward regions of the outboard
wing stations. These trends are substantiated by the tuft pictures for
Mach numbers of 0.60 and 0.80 in figures 7 and 8, respectively, and by
the ink-flow pictures for a Mach number of 0.60 in figure 9. In addition
the pressure distributions (figs. 6(a) and 6(b)) and the tuft pictures
(fig. 7) show that even at high angles of attack the addition of chord-
extensions to the basic model resulted in a decrease in the extent of
flow separation over the outboard sections. These changes in the flow
over the outboard sections are reflected in the pitching-moment curves
shown for the chord-extension configurations in figures 4 and 5. That
is, the iIncrease in stabllity at moderate 1i1ft coefficients is alleviated
because the leading-edge separation vortex does not extend outboard and
cause an Increase in lift over the outbosrd sections. Also instability
at high 1lift coefficients resulting from flow separation is delayed.

The tuft picture in figure 7 for an angle of attack of 18° shows
that inboard of the chord-extension there is a circulatory motion of the
boundery layer which indicates flow separation and is similar to that
observed on the basic model (see fig. 7, a = 25.5°). This circulatory
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motion was also observed at other Mach numbers. Study of unpublished
tuft pictures showed that at an angle of attack of 25° the circulatory
motion extended over most of the w upper surface. At angles of attack
of 12° and 18° the tufts (see fig. T7) indicate that & separation vortex
gimilar to the one observed on the basic model has formed in the leading-
edge region of the chord-extension. This vortex probably helped to cause
8 loss of 1ift at high angles of attack over the outboard sections in the
same manner as the leading-edge separation vortex did for the basic model.
Figure 9 shows that s the leading-edge separation vortex and the vortex
from the inboard end of the chord-extension move chordwise they alsoc tend
to move outhoard and this tendency to move outboasrd becomes stronger with
increasing angle of attack. These vortices are probably responsible for
the initial) flow separation over the trailing-edge region of the outboard
sections.

Mach Numbers From 0.85 to 0.94

As speed is increased from a Mach number of 0.80 to 0.85 and higher,
there is a marked change in the flow phenomena existing over wing con-
figurations similar to those discussed in this paper. Although there
are Indicaetions that a separation vortex still exists on the wing, shocks
heve a predominant influence on the flow at these higher Mach numbers.

Description of shocks.- Figures 10 and 11 are presented to aild in a
description of the various shocks that exist on the wing at transonic
speeds. In figure 10 the ink-flow picture for a Mach number of 0.88
end an angle of attack of 10° indicates the presence of two shocks in
the vicinity of the leading-edge region., The first shock is usually
located at about 2 percent of the local wing chord. The second shock
extends from the vicinlty of the wing leading-edge fuselage Jjuncture and
sweeps across the wing span at an angle to the wing leading edge which
depends on angle of attack and Mech number (see also fig. 11). The
shocks did not appear in shadowgreph pictures, probably because they
were inclined at angles to the light source that were too large to allow
them to be detectable.

The presence of the leading-edge shocks is also Indicated on the
upper surface of the wing by the pressure distributions of figure 6 faor
Mach numbers of 0.85 and higher. At a Mach number of 0.85, their pres-
ence is first indicated at an angle of attack of 6°, and at higher Mach
numbers they are epparent for the lowest angle-of-sttack conditions pre-
sented. In cases where the pressures Indicate the existence of the
shocks at a glven spanwise station, there i1s a slight compression at
about 2 percent of the local wing chord which indicates that the firat
shock 1s a weak cobligque campression shock. Downstream of this first
compression a second compression occurs that indicates the second shock
is an oblique compression shock which 1s somewhat stronger than the first

shock,
S
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In the region between the two shocks the rather slight pressure .
gradient may indicate a thickening of the boundary layer or perhaps the
presence of a separation vortex. Motion pictures of the ink-flow pat-
terns indicate separation between the shocks as they show that some of -
the fluid collected along the second shock line moves intermittently
into the region between the shocks &nd is then swept in the outboard
direction. The boundary-layer thickness must be small in the forward
portion of this region as tuft pictures such as those shown in figure 8
for Mach numbers of 0.85, 0.90, and 0.9k, respectively, do not indicate
flow disturbance in this region until the position of the second shock
is approeched, that is, except for the outboard sections where there is
apparently considerable thickening of the boundary layer.

Hence, it appears that a boundary-layer flow disturbance such as a
separation vortex may exist in the upper-surface leading-edge region at
the higher Mach numbers. The weak oblique compression shock which occurs
between this flow disturbance and the laminar boundary layer immedlately
behind the leading edge may be ceused by the deflection of the boundary
layer. The second oblique compression shock may be associated with the
flow turning parsllel to the wing surface in a vertical plane after it
passes over the rear portion of the flow disturbance existing between
the two leading-edge shocks. This second shock is also associated with .
the change in flow direction in the lateral plane (for example, see tuft
pictures in figure 8 for Mach numbers of 0.85 and higher). It should be
remembered that changes such as & change in leading-edge radius may affect “
the flow phenomens in the leading-edge region.

In addition to the two leading-edge shocks, figures 10 and 11 also
show the presence of trailing-edge shocks and of shocks extending from
the fuselage (which are referred to as decelerating-flow shocks in
figs. 10 and 11). In the side-view shadowgraph picture (fig. 10) the
shocks eppear as multiple shocks probably because they beccme tangent
to the light source st several points along the wing span. The trailing-
edge shock is an oblique shock that 1s the main compression shock for
the wing and it is belleved the shock will exist on all sweptback con-
figurations (with or without a fuselage). Although the trailing-edge
shock exists for the Mach number range under discussion, the plan-form
view for a Mach number of 1.0 and an angle of attack of 4° represents
one of the few conditions where the shock was sufficiently tangent to
the light source to be photographically recorded over even a portion of
the wing span. The third compression shown in many of the chordwise
distributions of figure 6 at the higher Mach numbers indicates the pres-
ence of the tralling-edge shock.

In figure 10 for a Mech number of 0.94 and an angle of attack of 10°
the shock extending from the fuselage can be traced across the fuselage,
the tunmnel floor, and the upper surface of the wing-tip region. This
shock 1s first noticesble &t a Mach number of 0.90 (see tuft pictures in
fig. 12 at angles of attack of 6° and 8% for the chord-extension con- -
flguration) and increasing Mach number or angle of attack causes it to
move downstream. A detalled discussion of the trailing-edge shock and

G
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"the shock extending from the fuselsge has been presented for low angle-
of -attack conditions in reference 12,

The pressure distributions for Mach numbers of 0.85, 0.90, and 0.9%
(fig. 6} indicate that with movement outboard the second lesding-edge
shock and the trailling-edge shock gradually converge until they Join at
same outboard station &s i1llustrated in figure 11. This point of Junc-
ture moves outboard and rearward with increase in Mach number. At Mach
nurbers of 0.90 and 0.94 the shock extending from the fuselage tends to
reinforce the shocks in the wing-tip region (see fig. 11).

Flow phenomena on basic model and their effect on pitchlng-moment
characteristics.- The pressure distributions of figure 6 show that as Mach
number is increased from 0.85 to 0.94 at low 1ift coefficients there is a
rearwerd shift in the center of pressure. This shift is reflected in the
pitching-curves of figures 4 and 5. The pressure distributions also show
that increases in stablility at moderate 1lift coefficients (Cp =~ 0.5) shown

in figures 4 and 5 at intermediate Mach numbers are primarily due to the

effects of boundery-layer thickening or separation causing 1ift increases
end rearwerd shifts of center of pressure over the cutboard sectioms. At
higher 1ift coefficlents the basic model becomes unstable at the interme-
diate Mach numbers primarily because of a loss of 1ift over the outboard

secté?n33 caused by the spresd of flow separation (see figs. 6(c), 6(a),

and 6(e}).

Although the unstable moment bresk is mainly a result of flow sepa-
ratlion over the outboard sectlons as it also is at lower speeds, the flow
separation at these higher Mach numbers 1s caused primarily by the detri-
mental effect of the shocks previously described and not by the effects
of s leading-edge separation vortex.

As previocusly indicated, some of the shocks tend to reinforce each
other over the outboasrd sections (see fig. 11). Thus, boundary-layer
disturbances and flow sepaeration may be expected to occur first in the
outboerd regions. In flgures 12 and 13, the tufts indicate at an angle
of attack of 6° that initial boundary-layer disturbances do occur on the
outboard sections and are confined behind or in the wicinity of the
shocks for both the basic model and chord-extension configurations. Also
figures 6(c), 6(d), 6{(e), 12, end 13 show that the flow first separsates
over the outboard sectlions. Ewen after separstion initially occurs on
the outbosrd sections, tufts show that boundary-layer outflow over the
inboard sections is confined behind or in the wvicinity of the shocks
(for exsmple, see tuft pictures for Mach numbers of 0.85, 0.90, and 0.94
in fig. 8). The shocks are probably aided in causing flow separstion
over the outboard sections by the tendency of the boundary leyer on a
sweptback wing to flow outboard and create a thickened boundary layer
over the ocutboard sectlicons which is rather easily separated. At higher
angles of attack the shocks become stironger and eventually aid the spread
of flow separation over most of the wing (see figs. 12 and 13).

T
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The unstable pitching-moment break for the basic model (see fig. 4)
is more abrupt at a Mach number of 0.90 than at Mach numbers of 0.85
or 0.94, At 1ift coefficilents of about 0.6 (a =~ 8°) the pitching-moment
coefficient is more negative for a Mach number of 0.90C than for a Mach
number of 0.85, primarily because of higher loadings over the outboard
sections (see fig. 6) at a Mach number of 0.90. Hence, because there is
not much difference in the outboard loadings or pitching-moment coeffi-
cients for the two Mach numbers at 1ift coefficients of about 0.T7T1
(o ~ 10°) or greater where extensive flow separation exlsts over the out-
board sections, the unstable pitching-moment break is more severe for a
Mach number of 0.90. As increasing Mach number to 0.94% causes the shocks
to become stronger end move farther downstream, flow separation occurs
initially at lower 1lift coefficlents and spreads over the outboard sec-
tions at e slower rate with lncreasing lift coefficient than at the two
lower Mach numbers. These changes in the flow result in a more gradual
unstable pitching-moment slope at a Mach number of 0.94 than at a Mach
number of 0.90. Changes in the pitching-moment curves as Mach number is
increased from 0.85 to 0.94 may also be affected by a veriation of wing-
fuselage interference with Mach number. The unstable pitching-moment
break &t a Mach nunber of 0.9% becomes more abrupt when the fuselage is
moved forward on the wing (see figs. 4 and 5) because the shocks on the
wing move forward (ref. 15) and apparently have about the same effect
as the shocks on the wing-normal configuration at a Mach number of 0.90.

Effect of chord-extensions on flow phencmena and pitching-moment
characteristics.- The ink-flow patterns shown in figure 14 for a Mach
number of 0.90 are believed to be representative of boundery-lsyer flow
patterns that exist on the chord-extension configurations from Mach
numbers of 0.85 to 0.94. The patterns for angles of attack of 5° and 6°
show boundary-lsyer outflow over the Inboard sections in the vicinity of
the two leading-edge shocks and in the vilicinity of a shock at the mid-
chord line which is the trailing-edge shock or a combination of this
shock with the shock extending from the fuselage. (The counterclockwise
motion of the boundery layer inboard of the chord-extension shown in fig-
ure 14 for angles of attack above 6° was 2lso observed at the lower Mach
numbers.) At spanwise stetions near the inboard end of the chord-
extension the boundasry-layer flow at angles of attack of 5° and 6°
(fig. 14) is turned in the downstream direction probadbly because the
vortex from the inboard end of the chord-extension resists outflow of
the boundary layer. The second leading-edge shoeck, the trailling-edge
gshock, and the shock extending from the fuselage must extend mscross this
vortex region because outflow is indicated over the outboard sections at
chordwise positions where the shocks would be expected to lie. Pressure
distributions for the chord-extension configurstion such as that shown
in figure 6(d) at 70 percent of the wing semispan for an angle of attack
of 6° also indicate that these shocks exist over the outboard sections.
However, the pressure distributions are too incomplete to determine if
the first leading-edge shock extends over the outboard sections or if
other shocks originate in the vicinity of the chord-extension leading edge.
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Pressure distributions and tuft pictures for Mach numbers of 0.85
(see figs. 6 and 8) and 0.90 (see figs. 6, 8, and 12) show that esdding
chord-extensions to the wing resulted in sn elimination or reduction of
flow separatlon over the outboard sections. It sppears that this flow
improvement occurred primarily becasuse the vortex from the inboard end
of the chord-extension prevented the boundary-layer outflow created at
the inboard sections fram moving outboard and causing a thickened bound-
ary layer that could be easlily separated by the shocks. However, at a
Mach number of 0.94, figure 6 shows that the effect of chord-extensions
on flow separation and loading over the outboard sections is much less
than at Mach numbers of 0.85 or 0.90. This smaller effect which 1s elso
11lustrated by camparing the tuft plctures of figures 12 and 13 appar-
ently occurred because the shocks at a Mach number of 0.9 were more
inducive to flow separation over the outboard sections than the weaker
shocks at Mach numbers of 0.85 and 0.90.

Study of figure 6 will indicaste how the outboard loading changes
caused by adding chord-extensions to the basic model alleviate the
sbruptness of the unstable pltching-moment breaks shown in figures L
and 5 for the intermediate Mach numbers. Some of the slleviation shown
for & Mach number of 0.94 in figure k& mey be because the chord-extensions
edded wing area ahead of ‘the shock positions where unseparated flow could
exist (see fig. 13). Adding chord-extensions to the wing-aft configura-
tion provided no improvement in the pitching-moment characteristics at a
Mach number of 0.9% (fig. 5) probably because the shocks moved forward
on the wing when the body was moved forward and allowed flow separation
to extend to the leading edges of the chord-extenslons.

As leading-edge devices such as chord-extensions only partially
counteract the detrimental effect of shocks at Mach numbers of 0.90
and 0.94, it would be desirsble to weaken the shocks or to displace
them so that they create smaller regions of separated flow. It may be
possible to lessen the effect of the shocks by meking changes in fuselege
and wing geometry. Reference 21 shows that changes in wing geometry such
as reducing thickness, and decreasing sweep will improve pitch-up char-
acteristics. Alsc reducing aspect ratio will be beneficial (see ref. 22).

Mach Numbers From 0.98 to 1.03

At Mach numbers between 0.98 and 1.03 the position of the shocks
over the wing have changed so that their detrimental effects on flow
separation are confined to smaller regions of the wing than at the
intermediate Mach numbers (see fig. 8 and ref. 12).

A rather large rearward shift in the trailing-edge shock position

occurs over the outboard portion of the wing when Mach number is
increased from 0.9% to 0.98 (see fig. 6, o = 4°). At a Mach number
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of 0.94 the shock extending from the fuselage merges with the trailing-
edge shock thus influencing the position of the traeiling-edge shock over
the outboard portion of the wing. However, at & Mach number of 0.98 the
shock extending from the fuselage moves downstream of the wing, except
at very low angles of attack, and probably allows the trailing-edge
shock to seek a more rearward position. The flow over the wing leading-
edge region is similar to that previously discussed for Mech numbers
between 0.85 and 0.94 (see fig. 6) except that a detached bow wave exists
et Mach numbers of sbout 1.00 and higher (see ref. 12).

Flow phenomena on basic model and their effect on pitching-moment
characteristics. - The rate of increase in stability shown in figure 4
at 1lift coefficients of 0.40 to 0.50 for Mach numbers of 0.98 to 1.03
is less than at a Mach number of 0.94. This occurs because the shock
positions over the outboard sections at low angles of attack are farther
rearward at Mach numbers above 0.94 (see fig. 6), and hence, initial
boundary-layer disturbances that are confined behind the shocks would
tend to cause smaller changes in outboard loading distribution at the
higher Mach numbers.

For angles of attack where flow separation initially occurs, sepa-
ration at the higher Mach numbers is confined to a region over the out-
board stations that lies behind chordwise posltions where the second
leading-edge shock reinforces the trailing-edge shock (see basic-model
tuft picture for a Mach number of 1.00 in fig. 8). Study of unpublished
tuft pictures shows that as angle of attack is increased the flow sepa-
ration gradually spreads along and behind the second leading-edge shock
and the trailing-edge shock and then spreads upstream of the shock posi-
tions. ©Since the spread of flow separation is rather gradual with
increasing angle of attack the unstable pitching-moment break (fig. L),
resulting from separation causing a loss of 1ift initially over the out-
board stations (see figs. 6(f), 6(g), and 6(h)), is not nearly as abrupt
at the higher Mach numbers as at the intermediste Mach numbers.

Effect of chord-extensions on flow phenomena and pitcliing-moment
characteristics.- Figure k shows that at a Mach number of 0.98 addition
of chord-extensions to the basic model resulted in considerable allevia-
tion of the pitch-up tendency. Although the pitching-moment curves for
Mach numbers of 1.00 and 1.03 do not extend to very high 1lift coefficients,
flow patterns at moderate 1ift coefficients for these Mach mubers are
similar to those at a Mach number of 0.98, and hence chord-extensions
should alleviate the pitch-up tendency at these higher Mach numbers. The
pressure distributions at Mach numbers of 0.98 and 1.00 (fig. 6) show
that adding chord-extensions to the wing delayed the upstreem spread of
flow separation over the outboard stations. Comparison of the tuft pic-
tures in figure 8 at a Mach number of 1.00 shows that the flow disturb-
ances in the trailing-edge region are not as severe for the chord-
extension configuration as for the basic-model configurstion. Hence, it
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is concluded that chord-extensions alleviate the abruptness of the
pltch-up tendency at the higher Mach numbers for basically the same
reasons 88 were noted for a Mach number of 0.9hk.

CONCLUDING REMARKS

Results of a study of the effeet of leading-edge chord-extensions
on the flow phencmensa existing over a 45C sweptback wing at Mach numbers
from 0.60 to 1.03 and of the relationship of these flow phenomena to the
longitudinal stabillity characteristics of the wing form the basis for
the following general remsrks.

At speeds up to a Mach number of 0.80 the effects of upper-surface
leading-edge separation vortices are primarily responsgsible for unde-
siraeble pltching-moment cherecteristics. These undesirable pitching-
moment characteristilcs are improved by adding chord-extensions to the
wing primarily because vortices from the inboard ends of the chord-
extensions act as barriers to the outwerd spread of separation.

At Mach numbers of 0.85 to 1.0%5 a weak obligue shock lies perallel
to the wing leading-edge and 1s usually located at about 2 percent of the
local wing chord. A stronger obligque shock extends from the vieclnity of
the wing leading-edge fuselage Juncture in & lsteral direction and sweeps
back at a greater angle than the wing leading edge. There is evidence
that a thickened boundary layer or a sepsretion vortex lies between these
two shocks.

At Mach numbers of 0.85 to 1.0% the second leading-edge shock and
shocks downstream of the leading-edge shocks extend leterally across the
wing and cause flow separatlon over the ocutboard wing sections which
results- in undesirable pitching-moment characteristics.

The forward position of shocks on the wing at Mach numbers from
0.85 to 0.94 allows them to create flow separation over lerge portions
of the wing ares which resulis in very undesirable pitching-moment char-
acteristics. Vortices from the inboard ends of the chord-extensions
improve the piltching-moment characteristics because they retard the
boundary-layer flow created at the inboard stations from moving outboard
and causing a thickened boundary layer that can be easily separated by
shocks.

With increase in Mach number to 0.98 or higher the shocks move rear-
ward on the wing and cause a reduction of the separated flow area with =a
resultant improvement In the pitching-moment characteristics. Chord-
extensions are effective in improving pitching-moment characteristics at
a Mach number of 0.98 because they add wing area in unseparated flow
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regions and because thelr vortices have an effect similar to that noted
at Mach numbers from 0.85 to 0.94.

Iangley Aeronautical Laboratory,
National Advisory Commlittee for Aeronautics,
langley Field, Va., August 11, 1953.



o

NACA RM I53H18b QNN T 17

REFERENCES

Cahill, Jones F., and Gottlieb, Stanley M.: ILow-Speed Aerodynamic
Characteristics of a Series of Swept Wings Having NACA 65A006 Air-
foil Sections (Revised). NACA RM I5QF16, 1650.

Osborne, Robert S., and Mugler, John P., Jr.: Aerodynamic Character-
istics of a 45° Sweptback Wing-Fuselage Combination and the Fuselage
Alone Obtained in the langley 8-Foot Transconic Tunnel. NACA
RM I52E1k, 1952.

Lowry, John G., and Schneiter, Ieslie E.: Investigation at Low Speed
of the ILongitudinal Stability Characteristics of a 60° Swept-Back
Tapered Low-Drag Wing. NACA TN 1284, 1947.

Hieser, Gerald: An Investigation at Transonic Speeds of the Effects
of Fences, Drooped Nose, and Vortex Generators on the Aerodynamic
Characteristics of a Wing-Fuselage Combinstion Having a 6-Percent-
Thick, 45° Sweptback Wing. NACA RM I53BO4, 1953.

Furlong, G. Chester: Exploratory Investigation of leading-Edge
Chord-Extensions To Improve the Longitudinal Stability Character-
istics of Two 52° Sweptback Wings. NACA RM 150A30, 1G50.

West, F. E., Jr., Liner, George, and Mertz, Gladys S.: Effect of
Leading-Edge Chord-Extensions on the Aerodynsmic Characteristics
of a 45° Sweptback Wing-Fuselage Cambination at Mach Numbers of 0.40
to 1.05. HNACA RM I53B02, 1953.

Goodson, Kenneth W., and Few, Albert G., Jr.: Effect of Ieading-Edge
Chord ~-Extensions on Subsonic gnd Transonic Aerodynamic Character-
istics of Three Models Having 45° Sweptback Wings of Aspect Ratio k.
NACA RM 1I52K21, 1953.

Runckel, Jack F., and Stelnberg, Seymour: Effects of lLeading-Edge
Slats on the Aerodynamic Characteristics of a 45° Sweptback Wing-
Fuselage Configuration at Mach Numbers of 0.40 to 1.05. NACA
RM I53F23, 1953.

Iange, Roy E., Whittle, Edward F., Jr., and Fink, Marvin P.:
Investigation at large Scale of the Preasure Distribution and Flow
Phenomena Over a Wing With the ILeading Edge Swept Back 47.5° Having
Circular-Arc Airfolil Sections and Equipped With Drooped-Nose and
Plain Flaps. NACA RM 19G15, 19k9.

QAR



18

lo.

11.

12.

135.

1k,

154

16.

17.

18.

194

20.

SN NACA RM I53H18b

Jaguet, Byron M.: Effects of Chord Discontinuities and Chordwilse
Fences on Low-Speed Static Longlitudinal Stebllity of an Airplane
Model Having a 35° Sweptback Wing. NACA RM 1I52C25, 1952.

Furlong, G. Chester, and McHugh, James G.: A Summary and Anzlysis
of the ILow-Speed Longitudinal Characteristics of Swept Wings at
High Reynolds Number. WNACA RM I52D16, 1952.

Whitcomb, Richard T., and Kelly, Thomas C.: A Study of the Flow
Over & 45° Sweptback Wing-Fuselsge Combination at Transonic Mach
Numbers. NACA RM 152D01, 1952.

Ward, Vernon G., Whitcomb, Charles F., and Pearson, Merwin D.:
Air-Flow and Power Characteristics of the langley 16-Foot Transonie
Tunnel With Slotted Test Section. NACA RM I52E(Q01, 1952.

Hallissy, Joseph M., and Bowman, Donald R.: Transonic Character-
istics of & 45° Sweptback Wing-Fuselage Combination. Effect of
Longitudinal Wing Position and Division of Wing and Fuselage Forces
and Moments. NACA RM I52KO4, 1953.

Solomon, William, and Schmeer, James W.: Effect of ILongitudinal Wing
Position on the Pressure Characteristics at Transonic Speeds of a
450 Sweptback Wing-Fuselage Model. NACA RM I52K05a, 1953.

Ioftin, Lawrence K., Jr.: 'Theoretical and Experimental Data for a
Number of NACA 6A-Series Alrfoil Sections. NACA Rep. 903, 1948.
(Supersedes NACA TN 1368. )

Whitcomb, Charles F., and Osborne, Robert S.: An Experimental
Investigation of Boundary Interference on Force and Moment Char-
acteristics of ILifting Models in the langley 16- and 8-Foot Tran-
sonic Tunnels. NACA RM 152129, 1953.

Black, Joseph: A Note on the Vortex Patterms in the Boundary Layer
Flow of a Swept-Back Wing. Jour. R.A.S., vol. LVI, Apr. 1952,
pp. 279-285.

loving, Donald L., and Estabrooks, Bruce B.: Transonic-Wing
Investigation in the lLangley 8-Foot High-Speed Tunnel at High
Subsonic Mach Numbers and at a Mach Number of 1.2. Analysis of
Pressure Distribution of Wing-Fuselsge Configuration Baving a Wing
of 45° Sweepback, Aspect Ratio 4, Taper Ratio 0.6, and NACA
65A006 Airfoil Section. NACA RM I51IFQ7, 1951.

McCullough, George B., and Geult, Donald E.: Examples of Three
Representative Types of Alrfoll-Section Stall at Low Speeds.



NACA RM I53H18b U 19

21. Donlan, Charles J., snd Weill, Joseph: Characteristics of Swept Wings
at High Speeds. NACA RM 152415, 1952.

22. Kuhn, Richard E., and Wiggins, James W.: Wind-Tunnel Investigation
of the Aerodynamic Characteristics in Pitch of Wing-Fuselage
Combinations at High Subsonic Speeds. Aspect-Ratio Series. NACA
RM 152429, 1952.



v

Basie configuration - wing Enorrnal

Quarter«chord line

Chord-extension

_4._#3.::———

Chord-extension configurgtions
and orifice locations

8 {rooped about .14 ¢)
60
18378 NACA 654006
45 36
-
164 ) 268
— £ "
NS 300 <431 E%
N
\|-225-
90— 36 — wing orifice locatlons
" _ Pitching -moment aris Spanwise sigtion [Chordwise location
Bosic configuration- wing aft l/‘ location ot sach statfon
- Percent_semispon | Parcent chord
A 13.5 0 45,00
Fusm1 B £5.0 .25 | 5000
[+ 400 2.50 | 66.00
268" D 350 800 | 6000 Sug;n :;m;i:u are
te selage
E, | 700 | 750 | 6500 0.1 fron wing surfacs.
F 850 1000 | T000
] 930 1500 | 7500
2000 { 8000
Fusslags ordinates 2500 | 8500
3 r 3 r Sting slesve 3000 9000
0. 0 4200 |A.712 3500 | 9300
0.60 | 0277 | 4800 | 4.896 a0.00
as) | 358 | 5400 |4.971
1.50 | 514_| 6000 | 5000
300 | .B56 | 6600 !4.953
600 | 1.448 | 7200 [4.028 Wing dam Ghord-extension conflgurotions
9.00 | 1.936 | 78.00 | 4610 Taper ratic” | 0.5 H 3 J by Emi.'r1 Wing
1200 |2365 | 64.00 | 4274 Aspact ratio | 4.0 %W b2 b2 | %e position
18.00 | 3.112 | 9000 | 3.754 Wing areo 9 sq ft 65 34 15 (114 4.29 [normal
24.00 | 3408 | 9600 | 5.031 Airfail sectioNACA 65A006 70 2 | 2 2.2* | 480 [normat
3000 [4.158 [100.00 | 2500 parallal fo gons 70 29 20 0.4° | 4.80 | oft
36.00 | 4489 | LER_| 0060 of symmelry
Figure 1.- Dimensions of basic model and leading-edge chord-extensions.

All dimensions are in inches.

Oc

qQTHEST WY VOVM




1=~73078

Flgure 2.~ Three-quarter view showlng wing-normal configurstion with
leading-edge chord-extensions {0.15¢, by = 0.65b/2, o = 0°)
mounted in the test section.
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Figure 6.~ Concluded,
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Figure 7.- Tuft pictures showlng flow over upper surface of wing (wing-

(0.20c,

2.2°) at a Mach number of 0.60.

S

normsl configuration) with and without chord-extension

by = 0.70b/2,
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L-81192
(a) M =0.60, 0.80, 0.85.
Figure 8.- Tuft pictures showlng flow over upper surface of wing (wing-

normal configuration) with and without chord-extension (0.20¢,
: by = 0.70b/2, &g = 2.2°) at an angle of attack of 8°.
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Flgure 9.~ Ink-flow plctures showing flow over upper surface of wing
{wing- af} configuration) with chord-extension (0.20c, by = 0.70b/2,
8g = 0.4°) at a Mach mmber of 0.60.
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Troiling - edge shock ——

Decelerating - flow shock
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Leading- edge shocks

M=088 «=i0°

M=094 o=10°

- Trailing- edge shock
M=100 az4°

L-8119)

Figure 10.~ Examples of shocks that affect the flow over a sweptback
wing at transonic speeds.
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Flgure 11.- Sketch showlng typlcal shock pattern on basle wing.
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Figure 12.- Tuft pictures showlng flow over upper surface of wing (wing-

normal configuration) with and without chord-extension (0.20c,
bi = 0.70b/2, 5g = 2.2°) at a Mach number of about 0.90.
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Figure 13.- Tuft plectures showing flow over upper surface of wing (wing-

o .

g = 2.2°) at a Mach number of O

0.70b/2,

normel configuration) with and without chord-extension (0.20c,

by

b
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Figure 1i.- Ink-flow plctures showing f£low over upper surface of wi
(wing-af‘g configuration) with chord-extension (0.20c, by = 0.70b/2,
8g = 0.4°) at a Mach number of 0.90.

NACA-Langley - 10-21-53 - 32%






& >

31

-

NASA T

IH ﬁﬂf f i

Technical

e -

l mfﬂlﬂlﬂl

0438

»o ’



